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Aerothermodynamics of Sprint-Type Manned Mars Missions
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and
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The aerothermodynamic problems associated with the aerobraking of the spacecraft proposed for the sprint-
type fast manned Mars mission are studied. The propulsive A} necessary at departure from Earth and Mars and
the velocities of the atmospheric entries into the two planets are first deduced from the existing literature by im-
posing the constraints that the mission be completed within 330 or 436 days. It is shown that entry velocities up
to about 15 km/s are possible at both Earth and Mars. Through the trajectory calculations of the vehicles during
the aerobraking maneuvers, the requirements on the lift-to-drag ratios (L/D) of the vehicles are deduced under
the constraint on the allowed deceleration. L/D values of 0.4 and 1.0 are found to be necessary at Earth and
Mars, respectively. Density, pressure, and stagnation-point convective heat-transfer rates are calculated for the
typical aerobraking flights. Assuming the shock layer flow to be in equilibrium and the gas to be optically thin
for the wavelengths longer than 250 nm and optically thick for the shorter wavelengths, the stagnation-point
radiative heat-transfer rates are calculated and shown to be larger than the convective heat-transfer rates.

Nomenclature
L/D =lift-to-drag ratio
P = pressure, atm
d. =convective heat-transfer rate, W/cm? or kW/m?
q, =radiative heat-transfer rate, W/cm? or kW/m?
R = nose radius, m
Ve~ =planetary entry velocity, m/s or km/s
AV =velocity change by rocket propulsion, m/s or km/s
p =ambient density, g/cm? or kg/m’

Introduction

ECAUSE of the recent worldwide advances in the tech-
nology of large launch vehicles and the planned construc-
tion of space stations of various sizes by several nations, it
has become possible to contemplate a manned mission to the
planet Mars in the near future.!? The orbital parameters, that
is, the initial and final heliocentric velocities and the transit
times, for the trips between Earth and Mars have been
calculated in Refs. 3-5. The mission trajectories that minimize
the amount of fuel required, that is, the Hohmann transfer or-
bits, require a total mission time of almost 3 years. Nearly half
of the total mission time is the time for layover at Mars while
waiting for Mars and Earth to align favorably for the return
journey. The point of conjunction (Mars at the far side of the
" sun from Earth) occurs at the midpoint of the Mars layover;
such a mission is called a conjunction mission. The long mis-
sion duration for the conjunction mission makes it undesirable
for a manned mission because of the possibility that physio-
logical and psychological difficulties with the crew may de-
velop. For a manned mission, it is desirable to reduce the mis-
sion time to as small a duration as reasonably possible.
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By increasing the velocity of the vehicle at departure, the
duration of a one-way trip between any two planets can be
shortened. If the Earth-departure velocity is increased beyond
a certain critical value so that the vehicle can reach Mars
before Earth reaches the point of closest distance, then the trip
duration can be shortened drastically. This is because not only
the transfer time but the layover time can be shortened. An
opposition (Mars and Earth on the same side of the sun) oc-
curs at the midpoint of the mission; such a mission is called an
opposition mission.! In particular, a mission with a very short
travel time is called a sprint mission. The orbital parameters
are calculated in Ref. 5 over a range of opposition missions,
including sprint missions, occurring between 1965 and 1999.
Reference 6 illustrates the merits of such missions in further
detail.

Since the opposition-type missions require high orbital
speeds between the two planets, the speeds of the vehicles on
arrival at the destination planets are correspondingly high. If
the vehicles are to be decelerated at the destination planet by
the application of rocket thrust (that is, by a retro-burn), the
fuel mass required for this purpose would be many times more
than the dry mass of the vehicle and would become an addi-
tional burden at launch. This fuel requirement can be
eliminated by employing aerobraking, that is, utilizing the
drag of the vehicle to slow down while flying through the at-
mosphere, in place of the retro-burn.!2

Thus, one critical element of the technology for the
opposition-type manned Mars mission concerns aerobraking
of the vehicles in the atmosphere of the two planets. The
aerothermodynamic environments of the opposition-type mis-
sions have been studied in a cursory fashion in Ref. 1. Refer-
ence 2 reviews in somewhat more detail the past studies of the
opposition-type missions in which the required high travel
speed between the two planets is reduced by swinging by the
planet Venus. )

The purpose of the present study is to define the aerother-
modynamic environments of the aerobraking vehicles for the
missions in which the overall mission duration is shorter than
in such Venus-swing-by missions. Two mission durations are
studied: 330 and 436 days. The 330-day case is chosen because
a Soviet cosmonaut has endured approximately this length of
time in weightlessness in Earth orbit. The calculations will
show that this case requires a very large Earth-departure mass.
A 436-day case is chosen arbitrarily and is considered as a
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compromise to lower the departure mass. For the purpose of
this study of the aerothermodynamic environments, calcula-
tions are made for two possible entry velocities at each planet:
12 and 15 km/s at Mars and 14 and 16 km/s at Earth. The
reasons for the choice of these entry velocities will be ex-
plained later. ’

The orbital parameter study leads to the belief that, in order
to minimize the overall cost of the mission, a manned vehicle
must be preceded by an unmanned vehicle that transports the
fuel for the return (Mars-to-Earth) journey and for the vehicle
to land on Mars. The unmanned cargo vehicle can use the
minimum energy orbit, i.e., a conjunction-type orbit, to reach
Mars. The combination of the unmanned conjunction mission
for the advance cargo vehicle and the sprint mission for the
manned vehicle is known as a split-sprint mission. This un-
manned advance vehicle can employ aerobraking in the Mar-
tian atmosphere in order to reduce the departure mass. Thus
the aerothermodynamics of the aerobraking of the unmanned
advance vehicle must also be included in an overall study.
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Fig. 1 The propulsive AV and entry velocities for a symmetric mis-
sion (opposition occurring at the mid-point of the on-Mars activity) to
occur between 1965 and 1999, for a fixed mission duration, derived
from NASA SP-35 (1963).
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For the maximum possible entry velocities, the magnitudes
of the lift-to-drag ratio (L/D) required of the aerobraking ve-
hicle are next determined. The trajectory calculations are per-
formed for the aerobraking flights at both Mars and Earth.
The environmental parameters (density, pressure, decelera-
tion, and heat-transfer rates) are calculated for various L/D
values. The ballistic coefficient is assumed to be 400 kg/m? for
all these calculations, the justification for which is given later.
The calculations show that all environmental parameters are
within the range compatible with present or future technology.

Orbital and Mission Parameters

The parameter AV and the entry velocity V., at the two
planets are given in Ref. 5 for the sprint-type transfer orbits in
charts and tables for the opposition dates falling between 1965
and 1999. The AV and entry velocities for the two mission
durations of 436 and 330 days, obtained from Ref. 5, are
shown in Figs. 1a and 1b for the case of 30-day Mars layover
(arrival 15 days prior to opposition and departure 15 days
after opposition). The abscissa in these figures are the opposi-
tion dates that coincide with the midpoint of the on-Mars ac-
tivity. The total V,, (i.e., the sum of Mars and Earth entry
velocities given in Fig. 1) are plotted in the upper figure in Fig.
2 for the two mission durations. The total departure masses at
Earth are estimated using the simplifying assumptions given in
Ref. 6 and are shown in the lower figure in Fig. 2. As these
figures show, the optimum windows occur at an interval of ap-
proximately 17 years, with each window containing two op-
portunities separated by about 2 years. Extrapolating from the
data given in Ref. 2, one expects similar windows to occur in
the following years and months prior to 2050: 1) June 2001
and August 2003, 2) October 2020 and December 2022, and 3)
November 2037 and December 2039. For the purpose of defin-
ing the aerothermodynamic environments, we can assume that
these future windows will entail approximately the same con-
ditions as those shown in Figs. 1 and 2.

It can be seen from Figs. 1a and 1b that the entry velocity at
Mars varies for these windows from 8.7 to 11 km/s for the
436-day mission and from 10.8 to 15.2 km/s for the 330-day
mission. The entry velocity at Earth varies from 13.7 to 14.3
km/s for the 436-day mission and from 13.8 to 14.7 km/s for
the 330-day mission for the symmetric case. These led to the
choice of the entry velocities of 12 and 15 km/s at Mars and 14
and 16 km/s at Earth.

D= 436 DAY MISSION
O= 330 DAY MISSION

-
o
=3

TOTAL Vgnt, km/s
8
o
T

0
e
o

TOTAL MASS, kg
a,

I 1 L
60.0 70.0 80.0 $0.0 100.0

TARGET YEAR, 1900+

Q

21

Fig. 2 Total entry velocities (sum of those at Mars and Earth) and
the total Earth departure masses for the missions to take place be-
tween 1965 and 1999 calculated from NASA SP-35 (1963) under the
assumptions described in Ref, 6.
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Entry Flight Environments

The trajectories of the aerobraking entry flights of the ve-
hicles in Mars and Earth are calculated to determine the
aerothermodynamic environments of these vehicles. The ve-
hicles are assumed to have a ballistic coefficient of 400 kg/m?,
which is approximately half that for the Apollo command
module and twice that for the Space Shuttle Orbiter. This
value is chosen because the aerodynamic requirements for the
vehicles for the manned Mars mission are estimated to fall
roughly halfway between those of the Apollo and the Space
Shuttle vehiclés, The density distribution in the Martian at-
mosphere is taken from Refs. 7 and 8. The convective heat-
transfer rates to the stagnation point of a spherical nose of
3-m radius are calculated for both cases, assuming a fully cata-
lytic wall using the formula of Fay and Ridde'll.9 The nose
radius of 3 m is similar to that for Apollo. The transport prop-
erties in the shock layer in the Martian atmosphere are
assumed to be the same as in the Earth’s atmosphere for this
calculation. The radiative heat-transfer rates are calculated
assuming thermochemlcal equilibrium and optical thinness us-
ing the technique.to be described in the following section. The
reasons. for the assumptions will be given there also.

In an aerobraking flight, the flight trajectory must be con-

trolled accurately in order to attain the required postaerobrak-
ing apogee. In order to compensate for the possible errors in
the entry angle and to navigate through a temporally and spa-
tially varying atmosphere of a planet, the vehicle must execute
maneuvers by employing its lift. This can be done either
through roll modulation, if the L/D of the vehicle is fixed, or
by changing the L/D by deflecting the control surfaces, if the
vehicle has such control surfaces. The true vectorial L/D will
thus vary throughout the flight. The successful aerobraking
flight trajectory achievable using the maximum positive (lift
up) L/D of the vehicle in a standard atmosphere is known as
the undershoot boundary, whereas that achievable by a maxi-
mum negative (lift down) L/D is called the overshoot bound-
.ary. The space between these two trajectories is known as the
entry corridor, and any successful flight trajectory must lie
within the corridor. For the purpose of dgtermmmg the
aerothermodynamic environment, we select a trajectory
within the entry corridor, assuming that the vehicle flies at a
fixed L/D smaller in magnitude than the vehicle’s intrinsic or
deployable maximum L/D corresponding to the overshoot
and undershoot boundaries. The L/D value chosen can be in-
terpreted to be a time-average of .the vectorially varying L/D
value of the vehicle. The entry corridor is not calculated
because it is immaterial for the purpose of the present study.
The time- or flight-averaged L/D value is varied between
—0.2 and - 1.5 in the calculations.

Figures 3a-3c show a typical time history of the aerother-
modynamic parameters during an aerobraking entry flight
into the Martian atmosphere with assumed entry velocities of
12 and 15 km/s. Figures 4a-4c show the same parameters for
the entry flight into the Earth’s atmosphere with assumed en-
try velocities of 14 and 16 km/s. A flight L/D value of —1.0
was used for the Mars entry and — 0.5 for the Earth entry for
these examples. The results show that for all cases calculated,
the ambient density is of the order of 10~7 g/cm? at the peri-
gee. The stagnation point pressure is of the order of 0.2-0.4
atm. The peak deceleration (g-load) is in the range of several
g, which could possibly be tolerated by the astronauts, pro-
vided either 1) the trip duration is quite short, such as in the
330-day mission; or 2) a centrifuge is provided in the vehicle
for the astronauts to keep trained in high g. For the Mars en-
try, the convective heat-transfer rates range from 130 W/cm?
for the 12-km/s case to 240 W/cm? for the 15-km/s case. The
range for the Earth entry is from 210 to 320 W/cm?2.

The convective heat-transfer rates shown in Fig. 3c can be
extrapolated to cases with different ballistic coefficients

through the following reasoning. It is well known that the .

heat-transfer rate is proportional to (0/R) " where p is the am-
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bient atmospheric density and R the characteristic dimension
of the vehicle. For a vehicle of a fixed mass and shape, p varies
linearly with ballistic coefficient,'® whereas R varies as inverse
square root of the ballistic coefficient. Thus the convective
heat-transfer rates vary as three-fourth power of the ballistic
coefficient. The total (area integrated) heat load is inversely
proportional to five-fourth power of the ballistic coefficient.

Also shown in the same figures are the radiative heat-
transfer rates, which range from 200 to 1500 W/cm? for the
Mars entry and from 600 to 1100 W/cm? for the Earth entry.
For the lower entry velocities, the aerothermodynamic en-
vironments are comparable to that experienced during the
Apollo lunar return mission. For the higher velocities, the
total heating rate may approach 2 kW/cm?2. Although such
rates have never been experienced by manned vehicles, they
are within the ‘cgrrent technology for unmanned systems. In
the optically thin approximation used in the present work,
radiative heat-transfer rates are proportional roughly to the
product pR, which is, in turn, proportional to a square root of
the ballistic coefficient. The maximum. g-load for the Earth
entry is seen to be less than 4.0 g, likely an acceptable value.
However, deceleration at Mars can reach 6.5 g, which is prob-
ably intolerable.

The peak g-load is found to be nearly independent of the
ballistic coefficient. The peak g-load can be considered to be
the ratio between the aerobraking AV (the entry velocity minus
the exit velocity) and a characteristic deceleration time (typi-
cally about 100 s; see Figs. 3b and 4b). In an atmosphere
where density varies exponentially with altitude, the decelera-
tion profiles are similar among different flight trajectories
generated by different ballistic coefficients. Therefore, the
characteristic deceleration time is independent of the-ballistic
coefficient, and, hence, the peak g-load is independent of the
ballistic coefficient.

The impact of changing the (flight-averaged) L/D on the
aerothermodynamic environments is shown in Figs. 5a-5d for
Martian and Figs. 6a-6d for Earth entry flights. For both
Mars and Earth, the maximum convective heat-transfer rates
decrease gradually with L/D. For a vehicle of fixed mass, an
increase in L/D is achieved partly by a decrease in the drag
coefficient and thereby an increase in the ballistic coefficient.
Because an increase in ballistic coefficient accompanies an in-
crease in convective heat-transfer rate (see above), the maxi-
mum convective heat-transfer rates most likely vary even more
gradually with L/D than shown. The convective heat-transfer
rates are in the range of several hundred watts per square cen-
timeter, which is of the same order as those for the Apollo ve-
hicles. The heat loads increase substantially with L/D.

In Figs. Sc and 6c¢, radiative heat-transfer rates for both en-
tries are shown to be up to an order of magnitude higher than
the convective heat-transfer rates and the radiative heat loads
are about double the convective loads. For the Mars entry, the
radiative heat-transfer rates and the total heat load are low
and fairly constant for the 12-km/s case. However, for the 15-
km/s entry case, the radiative heat-transfer rate is almost 5
kW/cm? at a — L/D of 0.4, dropping rapidly to a value of 1
kW/cm? as —L/D increases to a value of 1.0. The total
radiative heat loads also decrease up to a value of L/D = 1.0.
However, they both remain fairly constant for further in-
creases in — L/D, indicating that a —L/D = 1.0 would be ap-
propriate for minimizing the heat-transfer rates. At a —L/D
of 1.0, the maximum heat loads are of the order of 100
kJ/cm?, which is an order of magnitude larger than those for
the aeroassisted orbital transfer vehicles!! and less than half
that of the Galileo Probe,'? which is designed to enter the at-
mosphere of the planet Jupiter. As shown in Fig. 6d, for the
Earth entry, the radiative heat-transfer rates and total heat
loads also drop off significantly with increasing — L/D, reach-
ing a plateau at a — L/D of about 0.4.

Figures 5b and 6b show the maximum g-load for the Mars
and Earth entries for varying L/D. Ata —L/D = 0.4, the g-
load for both entry velocities at Earth are 4 or less, which is
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Fig. 5 The peak environmental parameters in the aerobraking entry flights in the Martian atmosphere as functions of L/D.

likely to be tolerable. However, for the Mars entry, the g-loads
are unacceptably high, especially for the 15-km/s entry, rang-
ing from 10 gata —L/Dof 0.4to7 gata — L/D of 1.0. For
the lower entry velocity of 12 km/s, the g-load decreases to 5
at a — L/D of 1.0, a more acceptable value. These results in-
dicate that high —L/D values are necessary to reduce the g-
loads during Mars entry.

As seen here, one of the most crltlcal quantlues seems to be
the maximum g-load in the Martialt atmosphere, To explore
this problem further, calculations are performed for the Mar-
tian entry flights over a wider range of entry velocities. The
results are shown in. Fig..7. The figure shows that the g-load
varies almost linearly with the entry velocity. A higher —L/D
value reduces the g-load until it reaches a —L/D value of
about 1.0. Increasing — L/D beyond 1.0 has minimum effect.
Thus, one concludes that a'— L/D value of at least 1.0 should
be used for the Martian entry when the entry flight velocity ex-
ceeds 10 km/s. For lower entry velocities, a lower — L/D value
would be permissible. Ménees'® has shown that for an entry
velocity of 6.5 km/s, the maximum g-load is acceptable for ve-
hicles with a flight L/D of ~0.1.

Radiative Heating

The radiative heat-transfer rates on the re-entry vehicles in
Earth’s atmosphere have been studied since the Apollo era.
Recently, the predictive capability for radiative heat-transfer
rates in Earth’s atmosphere has been greatly 1mproved in
order to aid the desigri of the aeroassisted orbital transfer
vehicles, %15 The radiation intensity is known to be higher in
the rionequilibrium region immediately behind a shock wave
than in the equilibrium region far behind the shock wave by a
factor of several.' In the domain where the nonequilibrium
phenomenon is dominant, the radiative heat-transfer rate to
the stagnation point of a blunt body tends to be proportional
to the product pR in the same manner as in an optically thin
gas."®

Reference 16 shows that, for a spherical nose of 1-m radius
at an entry speed of 14.5 km/s and stagnation pressure of 0.3
atm, the nonequilibrium phenomena cause an incréase in the
radiative heat flux to the wall by a factor of about 2 over the
équilibrium value. For a body of 3-m rdadius under considera-
tion, the ratio of the nonequilibrium to equilibrium heat fluxes
will be closer to unity than for a 1-m body. Besides, the
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calculation.in Ref. 16 was made without accounting for the
radiative Cooling of the shock layer. The two phenomena tend
to cancel each other, and, as a result, the assumption of equi-
librium and optically thin gas yields approximately correct
values of radiative heat flux, at least for a body of radius = 3
m flying in air. _
" In Fig. 8, the radiative emission power per unit volume be-
hind a normal shock wave in air, calculated assuming an equi-
librium flow and optically thin gas, is shown as a furiction of
the flight velocity and density. The calculation is made for
wavelengths longer than 250 nm and shorter than 3 um. The
radiation in the far ultraviolet wavelength range below 250 nm
will probably be absorbéd in the ablation layer over the heat
shield and, therefore, is not calculated. The calculation was
made using the code NEQAIR! imposing the equilibrium
assumption. . .

Using the values shown in Fig. 8, the radiative heat-transfer
rates to the stagnation point of Earth entry vehicle are
calculated for the spherical nose of 3-m radius. The shock

" layer is assumed to be isothermal and optically thin, and
radiative cooling is neglected, for the reason given above. The

shock-layer thickness is calculated from the well-known em-
pirical relationship. The results are shown in Figs. 4c and 6d
and have been discussed in part already. As the figures show,
the absolute values of the rates and heat loads due to radiation
are an order of magnitude smaller than those anticipated in
the Jovian entry for which heat-shielding techinology has
already been developed (see, e.g., Ref. 17). However, the
time-integrated heat loads are comparable with that for the
Jovian entry because of the longer heating period.

Radiative heating rates in the Martian entry flights have also
been calculated in the past (e.g., Ref. 18). In Ref. 19, a radia-
tion measurement has been made in a pure CO, flow behind a
shock wave at a flow velocity between 9 and 12 km/s. The
measurement was made in the far-ultraviolet region to observe
the radiation from the CO Fourth Positive system. The experi-
ment showed that the CO radiation overshoots in the none-
quilibrium region in the same manner as that in air. The times
required for equilibration in CO, were also determined from
the experiment. When these times are compared with those for
air, one finds that the equilibration is slower in CO, than in air
by a factor of several at flow speeds above 10 km/s and by an
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Fig. 7 Maximum acceleration in the Martian atmosphere as a func-
tion of entry velocity and L/D.

order of magnitude at lower speeds. The equilibration times
have been measured also in Ref. 20, which measured the radia-
tion from pure CO, in the near-ultraviolet and infrared wave-
length regions for (equivalent) flow velocities below 10 km/s.
The infrared radiation reached equilibrium much faster than
the ultraviolet radiation. The equilibration time for the ultra-
violet radiation agreed approximately with that for the far
ultraviolet determined in Ref. 19 at the overlapping velocities.
Based on the far ultraviolet data of Ref. 19 and the near-
ultraviolet data of Ref. 20, the equilibration distance behind
the bow shock wave in the Martian atmosphere at a flight
speed of 8 km/s and stagnation pressure of 0.3 atm is
calculated to be > 30 cm. Interestingly, nonequilibrium over-
shoot of radiation was observed for the infrared but not for
the ultraviolet radiation in the work of Ref. 20. On the other
hand, Ref. 21 observed radiation in the violet region in N,-
CO, mixtures. A strong nonequilibrium overshoot was seen in
the experiment, which was attributed mostly to CN Violet
system.

There are many questions still unanswered regarding the
nonequilibrium phenomena in Martian atmosphere. However,
examination of Refs. 19-21 leads one to the following tenta-
tive conclusions:

1) At entry velocities above 12 km/s, the equilibration dis-
tance is still a small fraction of the typical shock-layer thick-
ness, and nonequilibrium phenomena cause an increase in
radiative heat-transfer rate only to within a factor of 2. This
small nonequilibrium enhancement of radiation tends to
cancel the radiative cooling phenomena. Therefore, the
assumption of an equilibrium flow and optically thin gas is
likely to yield approximately correct values of radiative heat
fluxes in this high velocity range.

2) At entry velocities below 10 km/s, the equilibration dis-
tance becomes a significant fraction of the shock-layer thick-
ness. The overshoot of radiation in the nonequilibrium is very
large. In this velocity range, a detailed nonequilibrium calcula-
tion is needed to determine the radiative heat-transfer rates. A
radiation calculation based on the assumption of equilibrium
can be considered to be merely a reference point.

In the present work, the calculations are made assuming
equilibrium and optically thinness, using the composition data
obtained in the Viking mission,® according to which the at-
mosphere consists of 2.7% N,, 95.7% CO,, and 1.6% A (ar-

FLIGHT VELOCITY, km/s

Fig. 8 Radiative power emission in the equilibrium shock layer in the
stagnation region in the Earth’s atmosphere, for wavelengths longer
than 250 mm, as a function of flight velocity and ambient density.

gon). The equilibrium radiations from the CO Fourth Positive
system, C, Swan system, CN Violet and Red systems, and O,
Schumann-Runge system are included among the molecular
species. Nitrogen radiation is neglected because its concentra-
tion is small. Among the atoms, atomic carbon and atomic ox-
ygen are included. The calculation is made only for wave-
lengths greater than 250 nm because of the belief that the
shorter wavelengths will be absorbed in the ablation layer. The
results are shown in Fig. 9. Compared with the existing
calculations, such as Ref. 18, the present values are slightly
lower because of the neglecting of the shorter wavelengths and
of the nitrogen radiation.

The radiative heat-transfer rates to the stagnation point are
calculated for the Martian entry vehicle with a 3-m nose radius
using the values in Fig. 9. The results are shown in Figs. 3¢ and
5d and also have been discussed in part in the preceding sec-
tion. The radiative heat-transfer rates and heat loads are com-
parable to those in the Galileo mission.!217

Further Considerations

The foregoing discussions point to the fact that most of the
aerothermodynamic environments are similar to those of
Apollo, aeroassisted orbital transfer vehicles, or Galileo Probe
vehicle. However, several features unique to the manned Mars
mission become apparent. First, the g-load problem compels
one to choose a high L/D configuration, especially for the
Martian aerobraking. Developing high L/D aerobrakes will
require a significant amount of research and development.
The radiative heat-transfer problem compels one to choose a
relatively small nose radius, smaller than 3 m, for such a
massive body. Providing a heat shield suitabie for such an en-
vironment is an interesting challenge.

The raked-off cone geometries appropriate for an L/D of
— 0.5 have a relatively large base region. The main body of the
vehicle, including the fuel tanks, must be placed within this
base region in the form of an afterbody. The convective and
radiative heating of the afterbody could be significant and so
requires study.

The high L/D is also desirable in the Martian atmosphere in
order to navigate through the uncertain atmosphere of the
planet. At the contemplated flight velocities, calculations
show that the flight trajectories in the Martian atmosphere are
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Fig. 9 Radiative power emission in the equilibrium shock layer in the
stagnation region in the Martian atmosphere, for wavelengths longer
than 250 nm, as a function of flight velocity and ambient density.

very sensitively affected by a small change in the ambient den-
sity and the L/D of the vehicle. It is highly desirable to know
the trim angle of attack for the Martian aerobraking vehicle
beforehand. To do so, the real gas effects on aerodynamic
trim must be understood. The pressure distribution in the base
or the vehicle leeward side must be determined accurately for
this purpose.

One must investigate the extent of radiation enhancement
by nonequilibrium. The nonequilibrium radiation problem is
especially acute for the Martian entries at speeds below 10
km/s. As mentioned earlier, the equilibrium radiation data for
the Martian case in this flight speed range presented in the
present work is for reference only.

Conclusions

For the split-sprint-type manned Mars mission:

1) The Mars entry velocities range from 9 to 11 km/s for the
436-day mission and from 11 to 15 km/s for the 330-day mis-
sion. The corresponding Earth entry velocities range from
13.7 to 14.3 km/s for the 436-day mission and from 13.8 to
14.7 km/s for the 330-day mission.

2) The g-load is a limiting factor for Mars entry. An entry
velocity of 15 km/s for a 330-day mission produces a deceler-
ation greater than 6 g. For a 436-day mission, it is below 4 g.

3) The vehicle must fly such that the time-averaged value of
L/D is about — 1.0 for the manned Mars entry with a velocity
above 12 km/s, and — 0.4 for the manned Earth entry with a
velocity above 14 km/s.

4) The total heat loads on the aerobrakes at the two planets
are several times those for the Apollo vehicle but less than half
of those for the Galileo Probe vehicle.

5) Nonequilibrium radiation may be important for the Mar-
tian entry at velocities below 10 km/s.
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